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Fig.3 Comparison of lift coefficient for cylindrical and flat wing-body
combinations.

the x,-axis and asymptotically approach +1/2r as y, decreases
toward infinity. The intersection point between the wing and
fuselage in the Z,-plane is thereby greatly expanded in the
Z,-plane and leads to a more detailed representation of the
complex potential in this region. The rectilinear flow at infinity
in the Z,-plane becomes a doublet pointing downward at the
drigin in the Z,-plane.

The two wings in the Z;-plane can be represented by two
symmetric vortex sheets. Since the y,-axis must be a streamline,
the vortex strength at corresponding y;’s on both wings must

have the same magnitude but opposite sense, according to the .

reflection principle. The complex potential resulting from the
two vortex sheets and the doublet at the origin can be expressed

as
T am[ 720,
wey=i[ o 5 Gle-2 o

where ( is the distance along the wing (vortex sheet) starting at
+3/8r, ({) is the vortex strength distribution and Z_({) is the
complex variable describing the location of the wing in the
Z,4-plane. The velocity component normal to wings must be zero
in order that the wings be streamlines so the following
condition

V, = Im[Z,/()(dw/dZ,)|, ] =0 (6)
must be satisfied everywhere along the wing. This leads to an
integral equation for y({) which was solved numerically by
subdividing the vortex sheet into a series of discrete vortices.
Having determined the vortex strength distribution, the residue
is obtained by expanding the complex potential in a Laurent
series about Z, =0 and writing Z, as a function of Z,. The
result is

a_,(zp) = ior* =2 r YO(Re[Z,)/|Z,") dC 0]
0

which gives a numerical value for the residue of
a_(Z,) = 540 iwr? (8)
The wings in the Z,-plane do not deviate significantly from
the semicircles represented by dashed lines in Fig. 2. If, indeed,
the wings were semicircles, the inversion mapping would have
yielded the two semi-infinite slits indicated also by the dashed
lines in the Z-plane. It would then have been possible to trans-
form the wings onto the x-axis using the Schwartz-Christoffel
transformation, the fuselage still being two slits along the y-axis.

In this case the doublet at the origin in the Z,-plane would

have become a doublet on the y-axis directed in the negative
y-direction so the flowfield analysis would have reduced to the
simple problem of a doublet near a wall. Since the actual
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wings in the Z,-plane approximate semicircles, the flowfield
solution for the semicircular wings was obtained and the residue
evaluated to serve as a check on the above result. The residues
differed by less than 5%, that for the actual wing being the
smaller of the two. v

The lift force is predicted by substituting the residue into
Eq. 2. The result is

L =980rpU_ r* 9)

The wing span is six times the body radius so the lift force
can be written as

L = (9.807/36)pU b (10)
The lift coefficient, then, is
C,=171Ax (11)
and the lift curve slope has the value of
C, =171A (12)

Spreiter* has shown that flat wings of the same span mounted
on the side of the fuselage have a lift curve slope of 1.41A.
Thus, the cylindrical wings produce over 20% more lift than
the flat wings at the same angle of attack.

It is interesting to compare graphically the predicted lift
coefficient vs angle of attack for cylindrical and flat wing-body
combinations as illustrated in Fig. 3. Both the top-mounted
and side-mounted cylindrical wings outperform their flat-wing
counterparts. The highest lift curve slope is obtained for the top-
mounted cylindrical wings. However, the highest lift is obtained
for the side-mounted wings since the span is increased from two
to three times the body diameter. The comparatively higher lift
curve slope of the cylindrical wings suggests their suitability for
high performance cruise vehicles which can be packaged in a
limited space. Experimental verification of the predicted lift
characteristics and measurements of other aerodynamic para-
meters, such as drag, are necessary before the relative merits
of cylindrical wings can be realistically assessed.
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C, = lift coefficient, L/q,, A

C,, = pitching-moment coefficient, m/q, ARB
D =drag

L =lift

m = pitching-moment

M = freestream Mach number

P = pressure

q,, = freestream dynamic pressure

R, = maximum base radius

|

y = ratio of specific heats

p = density

¢ = angular displacement from windward ray of forebody
Subscripts

1 = freestream static conditions

2 = static condition behind normal shock

1, = stagnation condition behind normal shock

S the Viking aeroshell enters the Martian atmosphere at

hypersonic speeds, the gas molecules (CO,) that pass
through the bow shock are excited to higher vibrational and
chemical energy modes. This excitation increases the degrees
of freedom of the gas in the shock layer provided equilibrium
exists and dissociation is not driven near completion. Since
both of these conditions will exist in the shock layer during
the Martian entry, the ratio of specific heats of the gas in this
layer will be much lower than that in the freestream. A large
amount of the energy that would normally be used in increasing
the static temperature behind the bow shock is thus used in
exciting vibrational energy levels or. dissociating the real-gas
molecules. As additional energy is absorbed by the gas molecules
entering the shock layer, the conservation laws and the thermo-
physics of the gas dictate certain changes in the forebody flow.
The static temperature, speed of sound, and velocity in the real-
gas shock layer are reduced. The static pressure is increased
slightly. The density isincreased considerably and the shock layer
thickness is reduced in proportion to this increase.

At supersonic and hypersonic speeds, the aerodynamic
characteristics including the lift, drag, moments, and stability of
blunt configurations such as the Viking aeroshell are determined
almost exclusively by the forebody flowfield. Several previous
investigators' ~* have shown that for very high speeds the
inviscid forebody flow on such configurations, while independent
of Mach number, are strongly dependent on real-gas effects
such as excitation of vibrational energy levels or dissociation.
These real-gas effects have been shown!™* to correlate as a
function of the density ratio across the bow shock (p,/p,).

The changes in aerodynamic characteristics due to real-gas
effects associated with high-speed flight (characterized by large
shock density ratios) are primarily the result of changes in
surface pressures acting on the forebody. The surface pressures
are affected by a change in shock density ratio (real-gas effects)
in two ways®: First, the level of pressure at the stagnation point
relative to freestream dynamic pressure is changed, and second,
the distribution of surface pressure relative to stagnation-point
pressuré is changed.

The density-ratio effect on the stagnation-point pressure level
can be estimated by considering the flow of a perfect gas about
a blunt body. Conserving mass and momentum across a normal
shock, considering incompressible flow from the shock to the
stagnation point, and neglecting the freestream static pressure
compared to that in the shock layer, results in the equation®

P,/Gpyuy*) = 2= 1/(p;/py) ey
This approximate equation which applies for real as well as ideal
gases shows that the nondimensional stagnation pressure level
on a blunt body is essentially a function only of the shock
density ratio and will increase slightly with increasing shock
density ratio. Doubling the density ratio increases the pressure
by 5%.
"In order to determine the factors influencing the pressure
distribution on blunt bodies, a one-strip integral method was
exercised? over several different types of blunt body configura-
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Fig. 1 Real-gas effects on Viking aeroshell bow shock.

tions at various values of Mach number and specific heat ratio
and thus at various density ratios. The results indicated that the
pressure distribution on each of these blunt-body configurations
depended essentially only on the shock density ratio for Mach
numbers of 6 or larger. These results? are restricted to bodies
on which sonic velocities occur at the point of maximum body
radius.

Since the shock density ratio dictates the pressure level and
distribution on blunt bodies, a simple way to simulate inviscid
real-gas effects on such configurations is to test in a substitute
gas flow which provides the correct density ratio without any
dissociation. For an ideal gas® the expression for the density
ratio across a normal shock is a function of gamma and Mach
number

palpy = (y+ DM?/[(y— DM*+2] (2)
An effective value of gamma, y,, can be defined as the substitute
gas value which gives the correct normal shock density ratio
using the freestream Mach number, M, in Eq. (2). The variation
of shock density ratio with shock angle in flight is such that
matching the normal shock density ratio also insures matching
of the oblique shock density ratios for shock angles above 40°.

The Viking aeroshell entering the mean Mars model atmos-
phere (Viking Aerophysics Data Book, Martin Marietta Corp.)
at an entry angle of —17°, an entry velocity of 15,175 ft/sec,
and an L/D of .18 for an angle of attack («) of 11.22, encounters
peak dynamic pressure at a normal shock density ratio of 13.4
(assuming equilibrium). In order to assess the trends of the real-
gas effects on the aerodynamics of the aeroshell, pressure tests
were conducted on a 4-in.-diam model in the Langley Mach 8
variable density air tunnel at a normal shock density ratio of
5.6 and in the Langley 20-in., Mach 6, CF, tunnel at a shock
density ratio of 12. The angle of attack of these tests was from
0to 16°.

Schlieren photographs of the aeroshell in both facilities at 16°
angle of attack are shown on Fig. 1. The bow shock is much
closer to the body in CF, at a density ratio of 12 than in air
at a density ratio of 5.6. Also note the straightness of the shock
on the more leeward surface of the forebody in CF, compared
to the bulge of the shock along this surface in air. This is the
surface from which the aeroshell receives its lift.

The pressure distributions obtained in both sets of tests on the
aeroshell forebody at 11.2° angle of attack (trim angle) are
shown in Fig. 2 for 12 conical rays. A comparison of the air
and CF, data along the windward meridian (¢ =0, ¢ = 180)
seems to indicate that the lift is less and the pitching moment
greater (toward « = 0) at the higher shock density ratio (CF,)
since the pressure distribution is driven closer to the Newtonian
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Fig. 2 Pressure distributions on forebody of Viking aeroshell at 11.2°
angle of attack.

level on the lifting surface of the aeroshell. This could be
misleading when one notes that the pressures for the higher shock
density ratio gas (CF,) are higher than that of air near the
outer edge of the axisymmetric vehicle where the area is large.
Pressure data on the aeroshell afterbody were also obtained
in these tests; however, for Mars entry the real-gas flow of
dissociated CO, in the expansion to the wake will probably be
frozen or finite-rate resulting in a much higher effective gamma
for the afterbody flow than for the forebody. The afterbody
pressures depend strongly on the specific heat ratio, and the
influence of this ratio increases with increasing Mach number.®
Thus, while the CF, data provide an excellent simulation of
the forebody shock shapes and forebody pressures resulting from
real-gas effects during Mars entry, it does not simulate the
pressures on the afterbody. Therefore, to obtain a realistic
indication of real-gas effects for Mars entry, a comparison of
the integrated pressure data over just the forebody at hypersonic
Mach numbers for different shock density ratios should be used.
Integrating the pressure distributions at 11.2° angle of attack
over the forebody of the axisymmetric vehicle gives the following
aerodynamic coefficients, where the pitching moment is cal-
culated about a horizontal line normal to the axis of symmetry
at the extended apex (sharp cone) of the vehicle. The con-
ventional coefficients (C;, Cp, and C,,), which include the change
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Table 1 Aerodynamic coefficients

AIR, M =8 CF,M=6

Pa/py =56 pafpy =12 Percent change

P,lq,=184 P, [q, =200 Air—»CF, -
C, 0.267 0.294 10.1
L/P,A 0.145 0.14'Z 14
» 1474 1.630 106
D/P,A 0.801 0.816 1.7
L/D 0.181 0.180 —-06
C, 0.021 0.028 333
m/P,,A(2Rp) 0.0114 0.0140 2238

in the total pressure behind the shock relative to the dynamic
pressure of the freestream, are restricted to points on the Viking
trajectory where the ratio P, /q, is the same as that shown
for the tests. The aerodynamic forces nondimensionalized by the
total pressure behind the shock include only the effects of the
forebody pressure distribution and can probably be used over
a moderate shock density ratio range.

As shown above, the lift and drag are about 119/ higher in
CF, than air so that L/D remains essentially the same at the
two different shock density ratios. The pitching moment is
33%, higher (toward o =0) in CF, than in air at the design
trim angle of attack of 11.2°; however, this difference should
only be used as an indicator and not an absolute value since
the pitching moment is extremely sensitive to data fairing
errors. A decrease in the trim angle of attack will reduce lift,
further increase the drag, and thus result in a shorter range
than that predicted from hypersonic air data.
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